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SUMMARY 



The longitudinal and lateral stability derivativeo for the Stinson 
L-5 airplane were obtained from non-oscillatory steady state flight 



technique aa described in Reference 1. These derivatives are C. 



°mde » °n 6r * » °n r » \ * °y^ » °i^ * °n^ • Tho 

values of these derivatives, obtained from flight test, are comp; rod 

with the values of these parameters computed from theoretical formulae 
where possible* The comparison of the flight test and theoretical re- 
sults presented a criterion of the effectiveness of the steady state 
flight technique for determining stability derivatives* 

The damping in roll, 0-j^, was not determined due to the lack of 



the necessary equipment 



OBJECT 



The object of this investigation was to determine the lateral and 
longitudinal stability derivatives of the Stinson L-5 airplane using 
the non-oscillutory steady state flight test technique. By comparing 
the experimental values of these derivatives with values calculated by 
means of the theoretical approach, it is hoped that some evaluation of 
the flight test techniques employed can be made* 



DATE ADD PLACE OF INVESTIGATION 



This study was conducted during the period extending from January 
to May, 1952 at Princeton University, Princeton, New Jersey. Equipment 
and facilities of the Aeronautical Engineering Department were used. 



INTRODUCTION 



Plight testing of airplanes for their aerodynamic characteristics 
is usually done in one of three distinct methods; namely, the steady 
3tato frequency response testing, the transient response testing and 
the non-oscillatoiy steady state flight testing. Measuring tho fre- 
quency response of an airplane to its controls by the steady oscillation 
technique or the deduction of the frequency response, from the transient 
response technique, requires a great deal of expensive instrumentation 
of a complicated nature and accurate data reduction. Exact knowledge 
of the airplane's mass and inertia characteristics further complicates 
the frequency response method. On tho other hand, non»-oscillatory 
steady state flight testing requires a minimum of simple low cost in- 
strumentation and enables a more precise data reduction. However, 
the flight tine needed to obtain steady state data may preclude its 
use to airplanes of short endurance; whereas, the flight time needed 
for each frequency, using oscillatory techniques, is relatively short* 

The Stinson L-5 of this investigation, or any of the conventional 
airplanes, is well suited for the non-^ccillatory steady state flight 
technique of testing. It is with some of these procedures that this in- 
vestigation will deal. 

The longitudinal stability derivatives, elevator power and damping 
in pitch, are determined from unaccclerated and accelerated flight trim 
curves. An attempt was made to show the variation of these derivatives 
with tho pitching velocity of the airplane and to explain their changes 
shown when plotted at various lift coefficients. 
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Lateral derivatives are determined fron clridding turns and steady 
sideslip maneuvers . Known moments, introduced by uso of a towed drogue 
and a wing weight, aro used to determine rudder power and aileron power, 
respectively. The damping in roll was not determined due t o the unavail- 
ability of a rate of roll instrument. 

Comparison with results computed from analytical equations givos 
some insight as to the accuracy and usefulness of this method of determin- 
ing stability derivatives. 
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EQUIPMENT 



The instrumentation u~ed for this investigation is listed and 
described below. All of the instrument- were calibrated by standard 
procedures . 

1. Airs'ocd Indicator : 

The airspeed indicator was i. standard sen .itive typo instrument 
connected to a full swiveling pitot-st tic head. 

2. Altimeter : 

The altitude was measured by a standard sensitive type altimeter. 

5 . Accelerometer : 

The accelerometer consisted of a glace tube 20 inches long, a 
snail coiled spring and a 75 gram cteel weight. One end of the spring 
was attached to the top of the gins tube and the free ond was attached 
to the weight. Both ends of the tube were aoaled to provide damping. 

This instrument was calibrated with a correction connidored for the 
naoc of the spring. 

4. Elevator, Rudder and Aileron Indicators : 

These instruments were controlled by 26-volt, 4 00 cycle a-c autocyn 
transmitters linked to the respective control cables. The autosyn follow- 
ers were calibrated to give the control deflections in degrees. 

5. Yaw Indicator : 

A yaw meter was attached to the port wing with a boon extending one 
chord length ahead of the loading edge. Tho yaw vane was geared to a 
24 volt, 400 cycle a-c autosyn transmitter. The autocyn follower was 
calibrated to give angle of yaw in degrees . 



6. Strain C-auro Measuring Device : 

Thir. instrument wa s used to measure the drag of a towed drogue. 

It consisted of a bridge circuit having four strain gauges mountod on 
a steel ring. The ring assembly was mounted on the lift strut fitting 
and was connected to the drogue tow line by the cockpit-controlled re- 
lease. Static weights were used in the calibration of this system. 
Appendix IV contains the wiring diagram, strain gauge sketch and the 



calibration chart 
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PROCEDURE 



Airplane control powers are the most important aerodynamic character- 
istics or derivatives that must be determined accurately by flight testing. 
The major flying controls are the elevator, ruddor and ailerons. They 
produce pitching, yawing and rolling moments, respectively, proportional 
to their control power. Once the control powers are determined other 
stability derivatives can be accurately evaluated. In some cases the con- 
trols cause secondary moments that have a marked effect on the values de- 
termined for certain derivatives* 

Longitudinal 

The flight test data needed to evaluate the elevator power, C^ , and 
the damping in pitch, is very similar for both derivatives. The 

elevatoh power requires curves of elevator angle versus equivalent air- 
speed for several center of gravity locations. The damping in pitch of 
the airplane is determined from the same data with additional trim 
curves for accelerated flight paths. Accelerated flight, in a steady 
banked turn, establishes a rate of pitch about the Y-axis, 

The throe center of gravity locations used for the longitudinal 
flight testing are computed and shown in Appendix II, These c.g. posi- 
tions were numbered consecutively with ffl c.g, being the most forward. 

They were obtained by fixing external weights on the fuselage near the 
tail. Tho speed range, starting at the stall and going to 1J0 n.p.h. 
indicated, wa3 limited by engine RPM, Constant power, estimated at 75?® 
normal rated, was used during these tests. However, the power did 
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vary slightly as the airplane wac climbed or dived to naintain the de- 
sired airspeed. To eliminate the elevator tab effect the tab was trimmed 
to zero deflection for all longitudinal tosts, 

Flots of the flight data taken for these tests are shown in Figures 
1, 2 and 5 as curves of ^versus V e . The 1.4g and 1.6g data was some- 
what difficult to obtain at speeds from 80 to 100 m.p.h, due to the 
slipstream being encountered in the circul-r flight path. To get the best 
possible data tho flights were made at sunrise and shortly thereafter to 
avoid any turbulance of the air. 

Lateral 

The lateral stability derivatives were determined by performing two 
non-oscillatory steady state flight maneuvers. First, a straight side- 
slip was flown in which the aileron angle, rudder angle and angle of 
bank were measured at various angles of sideslip. Second, a skidding 

I 

turn maneuver was flown in which the aileron angle, rudder angle and 
rate of turn, , were nes.sured for various angles of sideslip. These 
maneuvers were performed at an altitude of pOOO feet at an equivalent 
airspeed of 100 miles per hour using seventy-five per cent of the normal 
horsepower. 

At high angles of sideslip, during both of these maneuvers, momentary 
engine failures were encountered duo to the loss of fuol flow. The fuel 
flow difficulty was possibly caused by a vneumn creatod at the fuel vent 
tubes or the sticking of tho carburetor float valve due to wear in the 
float hinge, Thi3 situation discouraged extensive investigation of lateral 
flight at other 3peeds, 
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The straight sideslip maneuver was performed by use of the directional 
gyro to maintain a heading. This technique was used for three configura- 
tions j namely, the airplane "clean", a weight on the right wing lift 
strut and a sleeve-drogue attached to the right wing strut. Figures 
4, 5 and 6 show the plotted data of these tests. To provide a known 
torque about the X-axis, a weight was attachod to the right wing at 
9.05 feet from the X-axis. A dimensionally similar piece of wood was 
attached to the same station on the left wing giving a net weight of 
29 pounds on the right wing. This configuration was used to determine 
the aileron power . The third configuration consisted of attaching a 
oleevo-droguo, having the necessary strain gauge components, to the 
right wing lift strut at a distance of 9*075 feet from the X-axis to 
introduce a known yawing moment about the Z-axis. Frior calibration 
of the strain gauge enabled the determination of the actual drag at 
the moment of the test. The drag was found to be 4l pounds. Rudder 
control power was determined from the data obtained during testing this 
flight configuration. 

The skidding turn technique was performed by use of the gyro horizon 
to maintain a wing level attitude of the airplane. Flotted on Figure 7 
are the control deflections measured at each sideslip angle during this 
maneuver. To determine tho rate of turn, <+> , the airplane was timed 
through an observed number of degrees turn on the directional gyro. 

This method is liable to error but sufficient data was token to establish 
a correct slope. The results of turning rote versus angle of sid©3lip 
are shown on ?ig\ire 8. 
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RESULTS AND DISCUSSION 



Longitudinal 




An airplane io in equilibrium if the am of the moments acting upon 
it, about any choaon roference line, is zero. Y/hen the airplane is 
tested at three different center of gravity locations, it will produce 
as many difforent nomentG about a given referenoe line due to the weight 
shift. In flight these moments, acting on the airplane in the longitudinal 
plane, must be balanced by a moment produced by the deflected elevator* 

The deflection of the elevator changes the effective angle of attack 
of the horizontal tail, thus changing the tail lift; the result is a 
moment about the reference axis. The magnitude of the pitching moment 
coefficient produced by the control, per degree deflection, is a measure 
of the elevator povrer, Cj^ . 

For this investigation the elevator power v/as evaluated from flight 
data by three methodo. The first method ir considered approximate and io 
described in Reference L. If the assumption that the airplane lift co- 
efficient equals the wing lift coefficient is made, the moment equation 
about the Y-axis becomes; 



From the unaccelerntod stick fixed trim curves of elevator angle versus 
equivalent airspeed for the three c.g. locations, plots of S e versus C^ a 




1A 



were made as indicated by Figure 9. At a given lift coefficient the 
elevator angle required for a given shift in c.g. can be determined. The 
evaluation of elevator power can be made according to the above equation. 
The rosults of this method of determining elcv-tor power are chovm plotted 
on Figure 17 being labeled "approximate equation". 

The above method is only approximate since no correction was made 
for the change in airplane lift caused by the elevator. The second 
method corrected C n for the lift due to the elevator. To explain thin 
effect consider an airplane flying in equilibrium at a given airplane 
lift coefficient. The total lift represented by the lift coefficient 
is the sum of the contribution of the wing and tail equalling the weight 
of the airplane. If the conter of gravity is novod aft and the seme 
airplane lift is to be maintained, the wing lift must decrease bjr the 
amount th t the tail lift increases to maintain an equilibrium of pitch- 
ing moments. The wing lift will be decreased by changing the wing angle 
of attack with the elovator. At the same lift, the distribution of the 
lift betvreen the wing and tail will be changed; therefore, the assumption, 
that at a constant airplane lift coefficient the wing lift coefficient 
will al-o be constant for an c.g. movement, is incorrect. 
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To detomino the corrected elevator power the ^lo e-^v/as nensur— 

dC. 

w a 

ed at various lift coefficient' for each c.g. curve. To determine the 

J £ 

clone S_ the neutral points were obtained from Figure 15. which is 

a plot of versus x. /c. Since h/c is the difference between the 

E . JL 

neutral point and the c.g. position, Figure Ih gives the desired — — . 

The corrected values of elevator power for the three c.g. positions re 
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shown plotted on Figure 17 . They are larger than the approximate method 
results since disregarding this lift change gives an underestimated 
value for 0™ . The increment between the constant c.g. curves was 

caused by the changes in tail length. This is proven by comparing the 
per cent of change in elevator power with the per cent in tail length* 
Elevator power is directly proportional to tail length. 

A third method of deterring 0^ , with tail lift effect considered, 

was devised to determine the extent of any non-linearities of elevator 
duo to pitching velocity, de, and c.g. changes. In order to make the 
evaluation a plot of - x c ~/c - d» versus 5 e was established. The 
pitching velocity is defined in operator form in accordance with Reference 1 



as 

d* « {pha (1- 1/n 2 ). 

The values of S e versus V 0 , as shown in Figures 1, 2 and 5» were plotted ' 

in terns of ^versus Oj^ as shown in Figures 10, 11 and 12. Talcing data 

directly from the letter curves gave a very limited range of usable data. 

This difficulty was avoided by making a plot of ^versus ^efor c.g. 

positions as shown in Figure 15 . By taking a cross-plot from Figure 15 

and making the nooessary calculations, the curves of 0^ - x C g/c - de 

versus Se for d© » 0, 0*1 raid 0.2 were plotted on Figure 16. An auxiliary 

plot of de - 0.05 and 0.15 was usod to establish more data, but was 

not included in this resort. Values of — e and 2^ wore measured, as 

cJh/ c JC L ^ 

illuatrated by Figure 16, for constant values of lift coefficient, pitch- 
ing velocity and c.g. position. The rloso was constant for each lift 
coefficient and is part of a small corrective tom which varied slightly 
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v/ith center o? gravity location. Therefore, tho evaluated elevator 
power vras plottod for only one c.g. position, x C g/c = O. 368 . Tho 

elevator povrer versus lift coefficient curves for constant pitching 
velocity is shovm plotted on Figure 18. 

When tho d© ~ 0 curve of Figure 18 is conparod v/ith the curve 
for the Gsme c.g. of Figure 17, it in noted that at high lift coefficients 
there is a marked discrepancy. It ic believed that the curves of Figure 
18 are the more representative in this range since tho data used in com- 
puting the curves of Figure 17 wac limited in this region. No attempt 
v/as made to replot tho data in another form to extend its uccful range. 
Other than as noted above, the comparison of valuoa ic reasonable in 
the light of the fact that slopes were multiplied during tho computations. 

The analytical computation for elevator pov/or v/as determined in 
accordance v/ith Reference 2. 




— - (. OS2)( 7/7)(/)(.6) 

— — . 022 H- / e/ey 

The analytical value is plottod on Figure 17 for a mean c.g. location. 

This value compares to within less than two per cent of a corrected 

0_ for a comparable position and spoed. If account could be made for 
6 

the change of tail efficiency vrith a variation in lift coefficient, it 
is expected that the analytical value for elevator povrer vrould give 
close correlation at tho other lift coefficients. 

V/ith a fixed pitch propellor it in impossible to maintain constant 
power over the 3peed range investigated. At a lovr lift coefficients 
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the propeller RFM increased and at high lift coefficients it dropped off. 
This variation of RFM obviously affected the tail efficiency causing a 
variation of elevator power with lift coefficient. 

Considering the variation of elevator power with pitching velocity, 
as shown in Figures 18 and 21, it is observed that elevator power increases 
as the airplane* s pitching velocity increases to id S 0.05* As the 
pitching velocity i3 further increased the elevator power gradually 
decreases until at dt? ® 0.2 the value is less than at id *0. This 
particular variation of elevator power indicates that the tail has gone 
through the slipstream center. The increased variation at high lift coeffi- 
cients validates this reasoning. In accordance with Reference 1, this 
slipstream and. wake effect is duo to the changes in downwash and tail 
efficiency with pitching velocity and lift coefficient. Further investi- 
gation would bo necossary to determine tho respective effoots of tail 
efficiency and downwash with a variation of pitching volocity. 

The stick fixed trim curves are among the most accurate data that 
may be obtained from flight testing an airplane.- The pilot technique 
is relatively simple and the accurooy depends primarily on how accurate 
the elevator angle and airopeod can be measured. Accurate instrumentation 
is, thereforo, a necessity. The use of thi3 data to evaluate tho elevator 
power produces recults that are in good agreement with theory. The second 
method to obtain the elevator power is the most accurate. This method 
corrected for the tail lift, which is a refinement of the first approxi- 
mate method. The third method is liable to errors since three slopes 
we ro used in the calculation. This particular evaluation, however, is an 
aid to determine the variation of olevator power with the parameter d& . 
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°md9 : 

An airplane in a straight, unaccelerated flight path is in equili- 
brium at a particular trim lift coefficient. That is, at each trim point, 

p 

tho lift is oqual to the weight and the condition that OjV equals a 
constant is maintained. As the airplane speed is increased or decreased, 
tho lift will change accordingly and require the elevator to maintain 
the equilibrium situation. The unaccelerated flight equilibrium of pitch- 
ing moments is 



e g. ~ * (-^Z n j * C L + * Sg - 

L c L v~k 

If the airplane is placed in a steady turn, the lift must increase 
to provide a vertical component equal to the weight. This increase of 
lift taken place with no change of speed* and the elevator needed for 
equilibrium of pitching moments is different than the change of lift 

p 

for the constant OjT case. This difference occurs, since tho lift is 
increased with the speed bein' constant in the steady turn; therefore, 
the curved flight path will produce a rotation of the airplane about 
its Y-cixis v/ith the introduction of a damping moment. This damping 
moment is opposed by tho elevator lift increment. The magnitude of 
the damping moment can be estimated since this elevator change can be 
separated from the elevator needed for unaocelorated flight. (See Figures 
10, 11 and 12) 

If tho damping derivative is expressed in the coefficient form 
0^^ , the equilibrium of pitching moments for accelerated flight is 
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With the airplane lift coefficient defined as 

°La - gn W/S^ 

Tv 2 

the lift coefficient for the accelerated flight will be greater than the 
unaccelerated flight by the amount of “g” at a given speed. Figures 
10, 11 and 12 ore elevator angle versus airplane lift coefficient curves 
taken from the elevator angle versus equivalent velocity curves for the 
steady turns. The increment of elevator angle between the 1-g and any 
of the accelerated flight curves for a particular c.g. location will be 
that increment of elevator angle required to overcome the damping in 
pitch of the airplane. If no dsnping moments existed the curves of ele- 
vator angle versus lift coefficient would coincide for the various g's 
since a given elevator angle would produce the sene lift at any accelera- 
tion. This assumes that the airplane's static ctabillty does not vary 
with the different slipstream characteristics encountered in obtaining 
the data. 

If stability variations are neglected, then at any lift coefficient 
the equilibrium condition is given by 



C„ + C„, - o 

dG o 





C / & 




j {%) 



(d) is the operator 



21 



The damping derivative was determined by the above method and the 
results are plotted for a variation of lift coefficient in Figure 1 9. 

A 3 the damping in pitch is normally not a function of lift coefficient, 
an average experimental value of damping in pitch can be obtained. The 
variation of this derivative can be attributed to the assumption that 
the variation of the airplane’ o static stick fixed longitudinal stability 
for accelerated and unacaolerated flight tinder the two slipstream condi- 
tions of CjV^ equal a constant and V equal a constant is negligible. 

The analytical computation for damping in pitch was evaluated in 
accordance with Reference 2. The total damping in pitch of on airplane 
is the sum of tho damping contributions of tho various airplane components. 
In the normal configured airplane the damping due to the tail is by far 
the largest factor. This damping occurs as a direct result of the change 
in the effective angle of attack of the tail produced by the pitching 
velocity of the airplane. Tho change in tail angle of attack is given 
by ^oc-=- q —j- . The pitching moment produced by this' angle of attack 



is 
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This theoretically determined value is plotted on Figure 19 to 
facilitate comparison with the experimental curves. This discrepancy 
between the experimental and theoretical results may be due to one or 
more factors. The errors in the elevator power have been carried along 
in the damping in pitch determination. 

Another important factor is the assumption that the airplane's 
static stick fixed longitudinal stability remained constant during 
these testa. It was assumed that the change in elevator angle required 
in accelerated flight at a particular lift coefficient was due to the 
damping in pitch of the airplane. From Reference 1 it can bo shown that 



damping in pitoh is in error. An attempt was made to investigate this 
effect of stability variation by determining the neutral point for various 
pitching velocities and lift coefficients. This was done by use of the 
previously developed formula 



<r 

If there is ary variation of the previous method of determing the 

c/C, 





cJ_Sz 
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L Q. 







Those neutral points were determined by use of Figure 1 6. The resulting 
neutral points are shown plotted on Figures 2J and 2 4. The results 
show an increase of static stability as the pitching volocity increases; 
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therefore, tho damping derivative determined by the steady 3tate technique 
is high due to this increase of static stability. °nd£ does not vary 
with static stability, but the process of evaluation introduces errors 
caused by this variation of static stability. 

A third source of error which may account for part of the discrepancy 
botween the theoretical and experimental results lies in the theoretical 
calculation itself. The theoretical evaluation considered only the toil 
contribution. Ho consideration was made for the darning contribution 
of the fuselage, wing and propeller. These damping contributions are very 
difficult to determine and are usually accounted for by use of a multi- 
plying factor in the tail damping computation. Reference 2 suggests 
that this multiplier be 1.1 . Some authoritative sources in the airplane 
stability field believe that it should bo higher. It is probably merely 
an "educated guess" for tho valuo of this factor. 

Another experimental evaluation of the damping in pitch was made by 
measuring tho slope of from Figure 16 for the value of the 

c/9 d& 

factor. The elevator power valuo was for a particular x c ,/c &oct d© * 

The resultant damping in pitch coefficient is shown plotted on Figure 21 
for the x C( Vc = 0.^66 data. These curves had the sane order of arrange- 

ment with respect to pitching velocity as the elevator power curves. 

The 0 !1 , ( j 9 curve from Figure 19 for the sane c.g. position was plotted 
on Figure 20 to make a comparison of the results of the two methods. 

Since tho acceleration was 1.8g for this curve, the value of pitohing 
velocity varied with lift coefficient. The values of pitching velocity 
are shown on Figure 20 for this curve. These values are in their proper 
relative position with respect to the other curves at constant pitching 
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velocity except for 0^ * 0.7 « This divergence is n.n end point 
evaluation and could be expected. 

The variation of the damping in pitch coefficient with pitohing 
velocity is shovm plotted in Figure 22 for three lift coefficients* 

From these curves it is obvious that damping in pitch has little change 
with pitching velocity at a constant lift coefficient. Since Figure 22 
shows that there is slight variation of the O n( j 0 with pitching velocity 
and Figure 20 shows that the c.g. location has little effect, it follows 
that the variation of 0^ # evaluated in this manner must be due to the 
static stability variations of accelerated and unaccelerated flight* 

The flight test technique for evaluating the airplane* s damping in 
pitch has been outlined and discussed. The criterion 13 whether or not 
the method produces results of sufficient accuracy to be practical. The 
pilot technique consists of measuring the airspeed, acceleration and 
elevator deflection with the airplane in a steady banked turn at a con- 
stant airspeed. These variables con be measured with considerable accuracy 
with proper instrumentation. If the elevator power is accurately known, 
it Ghould be possible to roduoe the flight data to a fairly accurate 
value of 0 m( j e • Tho major source of error is the determination of 
elevator power as discussed previously. Another source of error is the 
static stability variation introduced by' accelerated flight with pro- 
peller driven airplanes. 



The difficulties encountered in separating the variables and account- 
ing for tho errors do not rule out this technique for obtaining the domping 
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velocity except for 0^ B 0*7 • This divergence is an end point 
evaluation and could be expected. 

The variation of the damping in pitch coefficient with pitohing 
velocity is shown plotted in Figure 22 for three lift coefficients# 

From these curves it is obvious that damping in pitch has little change 
vrith pitching velocity at a constant lift coefficient* Sinoe Figure 22 
shows that there is slight variation of tho C n( j 0 with pitching velocity 
and Figure 20 shows that tho c.g. location has littlo effect, it follows 
that tho variation of 0 ^ ^ evaluated in this manner must be due to the 
static stability variations of accelerated and un.ccele rated flight* 

The flight test technique for evaluating the airplana*s damping in 
pitch has been outlined and discussed. The criterion is v/hether or not 
the method produces results of sufficient accuracy to bo practical. Tho 
pilot technique consists of measuring tho airspeed, acceleration and 
elevator deflection with the airplane in a steady banked turn at a con- 
stant airspeed. These variables can be measured with considerable accuracy 
with proper instrumentation. If the elevator power is accurately known, 
it should be possible to roduce the flight data to a fairly accurate 
value of * Tho major source of error la tho determination of 

elevator power as discussed previously. Another source of error i3 the 
static stability variation introduced by' accelerated flight with pro- 
peller driven airplanes* 

The difficulties encountered in separating the variables and account- 
ing for tho errors do not rule out this technique for obtaining the damping 
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in pitoh of the airplane. The techniquo requires less reduction of data 
and instrumentation than the frequency response method. It is believed 
that with good pilot technique, dependable instrumentation and the elim- 
ination of as many of the variables as possible, the steady state flight 
testing to deterring the damping in pitch derivative in the most accurate 
method for subsonic aircraft. 

Lateral 

The equations for steady state lateral motion, as developed in 
Reference 1 and 2, are written below with secondary control actions 
included. 



a) Cy'fi - C L )L (p + C L (p + C 

y 1 3 $ 
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These equations arc the side force, rolling moment and yawing moment equa- 
tions of notion for an airplane in a steady lateral maneuver. Since the 
equations consist of five variables, it vas ncessory to eliminate certain 
of the unknowns in order to determine the derivatives. The U3e of two 
flight techniques reduces the number of variables to four in each case. 

The straight sideslip maneuver was performed with (js- O • the skidding 
turn was performed with 0 = 0. As there are three equations, solutions 

for the derivatives can be obtained as ratios of the control forces or 



moments involved. 



26 



To find a solution for the derivatives, the primary control moments 
were measured directly. The rudder control power, 0 n , vms determined 
by introducing a known yawing moment about tho Z-axis and measuring the 
change in the rudder angle needed to balance the moment. This derivative 
was obtained by use of the steady sideslip technique with tho airplane 
both "clean" and with the towed drogue. The equation of equilibrium for 
this situation is 



The rudder angle needed to balance the yawing moment introduces a rolling 
moment, A small aileron angle ic noeded to restore the equilibrium in roll. 
This slight angle is multiplied by a secondary effect and can be neglected. 
The rudder increment measured at - o for the two runs is determined 
from Figures 4 and 5, The value for C n is 




<j s t> 

°t xs Drag of drogue 

y - Distance of drogue attachment to Z-axis . 




r 



< J 5 b S r 

(w)( 



(ZS: S6S)(l-9) 



— . O O / 6 / c/eg r ee 



— . O & 3 5 / rocc/Zan, 
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An analytical determination was made for rudder power in accordance 
with Reference 2: 




- - a. *r 



317 






r r ■ 6)(s+ 0(z± • (t) 

(3+)(/SS) ' 



— o 



0/6 / c/ecjree 



— - . o / 6 y/ na d /on 



It is observed that the flight test and analytical evaluations of rudder 
power are in a very close agreement# 

The lateral control power, Cj , was detemined by use of a known 

<5«. 

rolling moment about the X-axis and measuring the change of aileron angle 
U3ed to restore equilibrium. These steady sideslip technique testa 
were made with the airplane both "clean" and with the wing weight added. 
The equation for equilibrium for this maneuver is 




°la ° '«»/# 



V/ a e added weight 

y s distance of weight from X-axis 

The above notod change of aileron angle will introduce a yawing moment 
due to adverse yaw, consequently, a change of rudder anglo. This is 
normally a small angle which is multiplied by a secondary control effect; 
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thorefore, tho 0^ tom Is dropped. Thus, taking the aileron increment 

^ r 

at ^~o for tho two nans of Figures 4 and 6, tho valuo for lateral control 
power becomos 

£ __ w a y 



X 



- - (£9)0. 05)A?5.6)(/55)(33 36S)('/ 7) 






- OO / / 7~5y/ c/egree. 

— +. 06 56 y/ rac/ian . 

An analytical determination was made for lateral power in accordance 
with Reference 2: 

Q -T 



X 




1 + 33 



— (/U.Q8)(-5)_ / y-.7S y du 

(/S5)(3H-) / J 

^Q.33 

— . o o £ H- & y/ degree 

— . / v-/ radian 

Dy use of charts for estimating 0, from 1TACA TR this value was found 

1 S a 

to bo .IO65. It is observed that the flight test and analytical evaluations 
of lateral control power are not in good agreement. Tho analytical value is 
somewhat high because of orrors due to the strip integration process used. 

A possible error involved in tho flight test valuo is tho disregard of 
adverse yaw effect. 

An investigation was made to determine the offoct3 of the secondary 
control moments end tho effect of the slight rolling moment iatroducod 
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by the drogue. The following equations of notion are written with the 
subscript (l) for the drogue effect and the subscript (2) for the wing 
weight effect: 



(a) 


^ ^ C n 

° V 


■h 


A S Cn 
' 


- - (* C„) 

1 i 


(b) 


* s < c * r 


+ 


b 

P 


— ~ ( ^ Qt ), 


(c) 


*s r C„ 

x Jr 


+ 


4 C„ 


^ o 


(0 


a S r C y 
1 


■h 


* C 'c 


1 

•l 



From Figures 4 and 6 it is seen that no ohange of rudder occurred, 
measured at p ^ O', therefore, from equation (c) the secondary control 

effect, 0., , is aero. It is bolieved that with a larger wing weight 

6 a 

some value of adverse yaw might have been obtained* From equations (a) 
and (d) it is observed that rudder and aileron power are as calculated 
previously. Equation (b) is used to evaluate the secondary control 
moment due to rudder angle. On . The increments of S. and <5\ are 

* x * i r > 

°v 

taken from Figures 4 and 5» The rolling moment caused by tho drogue 
v;as determined by estimating the angle of the tow lino at the lift strut 
to the horizontal roforence. Thus .the vertical component of the drogue 
force was established. To this force was added the weight of the fittings 



on the lift strut. Therefore, 0. 



becomes 



C - - (±£A - c 

^ s r a S r K 






— — ' ° ° ° o 

/ 9 

— . o o o /S ) / 



— . 7 - 



/■$ 

/ a/ ey ree 



(■ oo // H-s) 



— . 0/2/ / ac/ / a 



n 
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Another evaluation of 0, vrc .3 node by considering; tho following 



C -=r 



c. 



% 



geometric relationship : 

/lx- — _ (- . oo/^-e) fe- () 

-< (13 6 7 

— /. OOOZZ 6 / c/ey nee 

— ^ • O j JO / na a/ / a n 

The results of the two methods of determine 0, are in good agreement* 

LS r 

Using a geometric relationship in a similar manner, the secondary 
side force derivative can bo determined as follows: 

C y ^ - C„ A ^ oo,*+)<2U!£L 



< 4 -4 '*■* 



— V" • O O 3 6 V- / c/ e g nee 
~ • 2. O 9 y r~a </ /an 

The side force derivative, 0 , was obtained from the flight 

test curves which showed the variation of angle of bank and rudder angle 
with straight sideslip, Figure Thus equation (l) becomes 



c i ~ 



- C. _ C 

L o//? 

_ C S6z)(.7/) 



-y 5 






J/9 

/ ? ? \ / aO 



— — . 3 9 & —.093 

— — • v- 9 o 3 y /c <7 <y/b/7 . 

By comparison with the magnitudes of othor derivatives it is seen that 
this derivative is very important. 
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Tho dihedral effect of this airplane was determined from the straight 
nideslip maneuver with the airplane u cloan rt , Figure 4 . Thus equation 
(2) becomes 













— - ( oese)(. 76 ) - c 0 /*V-)(- H-) 



— — . OS~ 63~6 



y / kq 0/ ' /a r? . 



The analytical determination of dihedral effeot, in accordance 
with Reference 2, is 





3 * * +o;t 




+ (* Q ) 

S# z 



-■ o o O & O Q - . 0 00 3 sz -.00060 -f . 000/6 



^=■—.00 



/ 6 7. Q y c/eo/rei 



— - • 0 9 33 / r~a c/ / 
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The flight test and analytical values of C, are in fair agreement. 

V 

The analytical evaluation contains approximations which make this result 
merely a good estimate. The flight tost value might be low since 0^ 



is believed to bo too small. The airplane does have stable dihedral 
effect. 

When the longitudinal axis of the airplane is yawed ftom the re- 
lative wind, a yawing moment is created about the Z-axis. Tlxi3 weather- 
cocking is rof erred to as direotional stability, 



The direotional 
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stability of this airplane can be determined, by use of the straight 
sideslip tost data, Figure A. Thus equation (3) becomes 

C ^ - C„ ^ _ C„ s& 

/* *r <=*/3 < ^ 

— — . O & 3 S )(■ m) - (o) 

— /• . O 3 3 *f / ^ a e/ / a n . 

The analytical determination of 0„ , in accordance v;ith Reference 

2, is 




-=" o y- (-. oo/z) Hr* coo/z.7) yf. oc Z6 7jy-(cooZ)+ 

-=r . O o <d 9^5 / c/ejree. 

— ■ O S 9 / c/ / 'a n . 

The analytical and flight test values agreed better than was expected, 
since the analytical derivatives contained estimates and the fuselage 
contribution was an empirical determination. The flight test reoult 
might possibly be greater, since 0 o could havo a very small value 
rather than zero as found in this investigation* The airplane does 
have directional stability. 

Damping in yaw, 0 n , is similar to 0 m in that moot of the 
r d0 

damping is due to the increase in angle of attack of the vertical tail 
as the airplane is yawed. Evaluation of this derivative is possible 
by using a combination of the straight sideslip and skidding turn equations. 
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If the derivative of equation (p)» with respect to sideslip* is taken 
for the two flight teohniauos and one subtracted from the other, 0„ 
is determined as follows: 






- [(.#) - 
33 . 

(2)(/*r) 



(■&> J 
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— — . >2 3 / r'ctc/zan 

The derivative ( dAx) , ) , and A_ // are determined from Figures 4, 

'ty'ss \J0/ 3T dp 

7 and 8 respectively. 

The analytical determination of Q f/ , in accord anoo with Reference 2, 



is 





. OZJf7 _ <JL)(. 06 
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(/ff) (53 965) 
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The comparison of the flight test and analytical results shows a 
reasonable agreement, Poseible sources of errors of tho experimental 
values ia the determinations of the slopes involved, Tho measurement 
of y versus p data was by means of directional gyro compass, and this 
is liable to some error; However, sufficient flight data was taken to 
substantiate the results. 




The oteady otato method of determining the lateral stability de- 
rivatives yielded recults that were reasonable. The pilot technique 
uoed to obtain the data wn3 relatively simple. Instrumentation provided 



by an attitude gyro, and it is reasonable to expect the gyro to procoss 



at high angles of cideslip and give errors in the reading of <P • Visual 
recording of flight data rather than automatic recording devices also 
introduced slight errors. 

The steady state flight technique produced a very good rudder 
control power value. This result checked very olose with the analytical 
determination. Ac an approximate chock of , the accepted average 

S r 

value is -.001/ degree in accordance with Reference 2. 

Lateral control power, 0. , found by flight test data is possibly 

X 

too small. The analytical value was much larger than the experimental. 
The undetected adverse yaw effect night have contributed part of the 
error. However, the only check for the lateral control power la the 
analytical determination which ic an approximation. 

The absonce of advorce yaw in the evaluation of the flight data is 
unusual. A possible reacon this was not obtained is that the wing weight 
night have been too light. With a heavier weight the ailerons would havo 
boon deflected more and poesibly produced a measureable adverse yaw. 
Another reason is that 0 p is too 3 mall to detect with instrumentation 




The bank angle, 0 , was measured 



f 
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used 
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of flight data analysis and both are in good agreement. No analytical 



to be reasonable. The derivatives 0„ and 0-, have cxocrimental values 

n ft 

lower than the analytical determinations. However, both of these analyti- 
cal calculations corrtainod empirical estimates in addition to approxima- 
tions for interference factors. 

The experimental value of Q n was compared with an analytical 

r 

dotemination that considered only the tail and wing damping in yaw. 

This comparison showed a reasonable agreement of tho two values. A 
bettor agreement would result if the damping of the other airplane com- 
ponents wore determined analytically. The accuracy of the experimental 
evaluation depends on hov/ accurate the elopes / , 



check was made for 0, 



' and Q„ but tho flight tost values are belioved 

JSf J 3 




be obtained 



and < L oan 

J/3 
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COLLUSIONS 



It Id cor.clv.dcd as a result of this investigation that accurate 
longitudinal and lateral stability derivatives can be obtained by the 
non-oscillatory steady state flight technique. The accuracy of the 
results is necessarily dependent on the instrumentation and equipment 
used. However, by use of cone improvised instruments and visual record- 
ing of data, reasonable, and in some cases excellent results were ob- 
tained. 

The elevator power, 0„ , can be determined accurately frcm the 

■5 

unaccclerated stick fixed trim curves of the Stinson L~5» The assump- 
tion that C T _ = 0 T caused only about a 5 P er cent error in the 

Slipstream effects should be carefully 
analysed in order that errors due to variation of the tail efficiency 



'La " 
values determined for 0 



m s * 



and dovnwash can be minimised,. 0 /n had a variation with pitching velo- 

<T 

city duo to the tail moving through the slipstream. 

The damping in a itch, O m , can be evalu ted ac curately from 

the a.ccelerated stick fixed trim curves. The reliability of the 

O m evaluation depends upon tho accuracy of the 0 determined and 
de s 

tho accounting for the change of static longitudinal stability for the 
unaccelerated and aocelorated flight conditions, Tho theoretical 
determination for O m should contain a multiplying factor larger than 
1.1 as suggested by Reference 2, 
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The lateral stability derivatives determined for this airplane 
are as follows: 
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The flight test lateral derivatives compared favorably with analytical 
values for this airplane, with the exception of C, , where the nnalyti- 
cal computation is not too reliable. 
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RECQ'S-ISNDATIO'IS 



From the results of this investigation the following recommendations 
are made: 

1, A further study be made of the effects of tail efficiency 
and downwash on elevator powor. 

1 2, A flight test program should be carried out on the Stinson L-5 
to determine the variation of statio stick fixed longitudinal stability 
for the OjV^ e K and V s K cases in order that the steady state 
method of evaluating 0 can be corrected for this effeot. 

m <te 

5* A further study should be made to determine, for low density 
airplanes, what portion of the total damping in pitoh oan be attributed 
to the propeller, wing, and fuselage, 

A. Investigations of this nature inherently involve a certain 
degree of danger due to engine failure at large angles of sideslip. 
Suitable modifications should bo made to avoid this difficulty. 
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APPENDIX I 



DIMENSIONS AND DESCRIPTION OP STINSON 
L-5 AIRPLANE 



General 




Manufacturer 


Consolidated Vulteo 
Aircraft Corporation 


Normal Gross Weight 


2200 lbs 


Length (over all) 


24ft. 1.25 in. 


Height 


10 ft. 10 in. 


fling. 

Airfoil Section 


NAOA 4412 


Chord 


4 ft. 9 in. 


Inoidence 

At Root 


1° 52' 


At Tin 


0° 


Dihedral 


2° 50 ' 


Span 


55 ft. 11.4 in. 


Area (total) 


155 sq. ft. 


Aspect Ratio 


7.45 


Aileron 

Area 


16.74 oq. ft. 


Span . 


7 ft. 


Chord 


12.1 in. 


Travel 

Up (from neutral) 


26° O' 


Dovrn (from neutral) 


15 ° 2 ' 



6 o 



Stabiliser 



Area 


21.8 cq. ft. 


Span 


11 ft. 5.5 in, 


Chord. 


24.5 in. 


Incidence 


O 

V4 

O 


Elevator 


Area 


15.62 sq. ft. 


Travel 


Up 


25 ° 45 ‘ 


Down 

Fin 


25 45' 


Area 


9.71 nq. ft. 


Rudder 


Area 


7.05 oq. ft. 


Travel 


Right 


20° O' 


Left 


ro 

0 

0 

0 


Fuselage 


Maximum width 


42*5 in. 


Maximum hoight 


66.0 in. 


Engine 




Type 


Lycoming 0-455-1 



APPENDIX II 



WEIGHT 



AND BALANCE COMPUTATIONS 




K> u/ 



ftr ~ 1 'ZD atum L in e 



Condition: Oil and fuel tanks full. 

Test equipment installed except as indicated. 



1. Weight ; (Airplane weighed in level flight attitude.) 



Scale No. 



Wheel Gross Weight Tare Net Weight 



F263HO 

F263111 



Left 869# 1.5# 867.5^ 
Right 867 # 2.5# 864.5# 
Tail 137^ 1.5# 135.5# 

TTO 



Pilot fc Parachute 
Observer fr parachute 



180# 

210 # 



390 # 



Airplane Take-Off Weight 



2257o5# 



62 



2. Balance : 

Datum line (reference) , main gear axel 

Wing chord (MAC) 57.00” 

Root leading edge to datum line 0.25” 

Datum line to tail wheel 181.60” 

Datum line to pilot 13.60” 

Datum line to observer 49.60” 



x z 



% * K 



y; l 

Pil.r Pil.Y- 



W„ 



Ob}. 



W. 



TO. 



w 



Ft*.*! Used 



x = x - 0.25” 

eg. 



No account was made for minor moments due the airplane c.g. 
shift with respect to the c.g. of the fuel tanks since the fuel 
tanks were located longitudinally at the mid-e.g. position. 



(a) Forward c.g. position; (#1 c.g.) 



x : 

c 9 */ 



135.5# x 181.6” + 180# x 13 . 6 ” + 210# x 49.6" 



2257.5# 



W 



Pu«/ Used 



37,470.8/2233.5 = 16.78” 



,x) = 16...78: -P_.25/: - 0.290 

lc l $st , 57” 



(b) Mid - c.g. position: (#2 c.g.) 

37,470.8 x L Aw 

2257.5 

37,470.8 + 36.06# x 163.3” 
225V. 5# + 3b. Ob - 

- 43,358.8/2269.5 = 19 . 10 ” 

/x) - 19.10”- 0.25" 

IcJ 57” 



0.331 



& 



(c) Aft c.g. position: (#3 c.g.) 

37,24.70.8 4 69 . 62 # x 163.3" 
X c. 9 * 3 S 2257.? + 69 062 - W . 7 V 

* ^e/ 6/jec/ 

= 48,839.7/2303.1 = 21. 20” 

/x\ _ 21.20"- 0.25" - 0.368 

Vc/ ~ 57" 



Miscellaneous : 

Drogue sleeve 3# 

Complete drag measuring equipment and fittings 13# 

Wing weight and fittings 30?^ 9oz 

Dummy weight and fittings 1# 9oz 
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APPENDIX II 



LIST 0? SYMBOLS AHD COHVENTJOII3 



Y 
W 
S 
b 
o' 

St 

*t 

V 

\ 

x a/° 

h/o 

S e 

Sr 

P 

r 

t 

9 

X 

X 



Equivalent airplane snood (mph) 

True airspeed (fpo) 

Airplane weight ( lbs) 

Wing area ( sq. ft.) 

Wing span (ft) 

Moan aerodynonic chord (ft) 

Tail proa ( oq. ft.) 

Toil length (c.g. to aerodynonic 
center of horizontal tail) (ft) 

Tail vcluno coefficient (S A 1,/S o) 

yj *V 

Tail length (c.g. to aerodynor.ic 
center of vertical tail) (ft) 

Vortical tail centroid to X-a::is (ft) 

Chord lengths of c.g. aft of wing 
leading edge (ft) 

Chord lengtho of c.g. fwd of n.c. (ft) 
Elevator angle (dogreec) 

Aileron angle (degreec) 

Ruddor angle (degrees) 

Sideslip angle (degrees) 

Yaw angle (degrees) 

Bonk angle (degrees) 

Tine rate of yaw ( dogrees/sec) 
Airplane lift coefficient 
Wing lift coefficient 






cu 

Kt 

% 

% 

q 

n 



% 

~Q 

X 

A 



e 

d 










Slope of horizontal tail lift curve 
Slope of vertical tail lift curve 
Slope of wing lift curve 
Dynamic pressure (lbs/sq ft) 

Normal acceleration in units of "g” 
Acceleration of gravity (p2.2 ft/soe 2 ) 
Tail efficiency factor 



(fe-J 



cJ 

41 $ 



Elevator effectiveness 

w W 

Airplane tine characteristic my^dV 
Airplane rolative density myft>6c 
Angle of pitch 
Operator 

Elevator control power derivative 
Damping in pitch derivative 
Side force derivative 
Directional stability derivative 
Dihedral cffoot derivative 
Yaw damping dorivativo 
Rudder control poi/cr derivative 
Aileron control sower derivative 
Side force due to derivative 
Roll damping derivative 
Secondary rudder derivative 
Secondary aileron derivative 



A;ds system ond convention used: (see Ref, 1, page 376) 



AtscLra xX-m^is 





^eterninai ion ol the lon^itii.r'- 
ii j. 1 and lateral et:/tl: ty > r- 
iv&tive* of t; e 3f * '-son L-S air. 
plane fr or stead * state flight 
tests. 
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